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In order t o  obtaLn a bet ter  understanding of the potential  air- 
cooled turbojet-engine performance, studies are required  to  investigate 
both the engine-performance capabili t ies and the  effect  of losses asso- 
ciated wtth turbine air-cooling on engine performance. This report 
presents  comgutational methods f o r  analyzing turbo  jet-engine performance 
for  a ser ies  of Elir-cooled nonsfterburning and afterburning engines 
where all the  engine components are simultaneously aerodynamically Um- 
ited.  The coolant-flow ra t io  w a s  arbitrarily assigned so tha t  the re- 
sults of the analysis can be applied t o  any speceic  air-cooled blade 
configuration. The work required to compress the cooling air, the drag 
of the cooling a i r  upon the turbine, the losses which occur when the 
cooling air and the combustion gases m i x  downstream of the turbine, and 
losses in the combustor asd afterburner a r e  taken into account. Tech- 
niques are a l s o  presented for determining the relat ive  f rontal   meas-  of 
the various  engine  cmponent 8 .  
The design and performance of the turbojet engine me, t o  a great 
degree, controlled by the turbine component, *ich in conventional engines 
limits the turbine-inlet temperature and in -. cases the mass weight- 
f low capacity due t o  stress-limited turbine annulus mea. By use of 
turbine cooling, the blade temperature asd blade strength can be con- 
t rol led independent of the turbine-inlet temperature, with the  resul t  
that greater ranges in turbine and engine operation &-e possible. In 
order t o  explore the range of engine operation that can be made possible 
through uae of turbine cooling, analytical techniques are developed 
herein to determlne the design performance of single-stage air-cooled 
turbines  operating over wide ranges of ,turbine  design  specifications. 
This  turbine performance i s  then used tc  evaluate  potential  engine  design 
performance fo r  both nonafterburning and afterburning engines. 
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Previous ana l f l i cd  StUdieS on the engine performance obtainable 
by u t i l i z iw  tu rb ine  COO- me cited in reference 1, and the effect  of 
air-cooling on performance of existing engines i s  reported h refer- 
ences 2 and 3. In all previous investigations, however, no considera- 
t ion  was given to   the  beneficial   effects  of higher  turbine-inlet temper- 
ature~. and turbine-blade  stresses on the  turbine work asd engine weight- 
flow capacity. A recent publication (ref. 4) provides a simplified 
procedure f o r  determining the  turbine  specific work f o r  a given cambim- 
t ion  of the turbine  design  s-gecffications (i.e., turbine-inlet tempera- 03 
ture, turbine-blade tip speed, and turbine-blade hub-tip radius ratio). 
With t h i s  procedure, it is possible to analyze within a reasonable length 
of time a large number of turbines, as would- be required for evaluating 
the design performances of turbojet engines over wide ranges of design 
conditions. In addition, recent component research permits good esti- 
mates of the component efficiencies and- &eradynamic U-mits as needed f o r  
accurate evaluation of  comgonent losses and weight-flow capacity. mere- 
fore, a ser ies  of investigations has been undertaken by the NACA Lewis 
laboratory t o  determine the design performances of turbojet  engines over 
a wide range of operating conditions; theae investlgations employ an 
aerothemdynamic analysis which uses the maximum obtaFnable turbine 
work with3.n established  design  limitations and re la tes  the engtne weight 
flaw t o  t h e  weight-flow capacity of the engine conrponents. The turbine 
design specifications are ut i l ized as the independent variables, since 
along with the component aerodynamic limits and efficiencies they d e -  
quately  specify  the  turbine-cooling  requirements a8 well a8 the require- * 
ments necessary f o r  computing the engine performance. The analysis 
permits computation of values of the engine .spectf$c weight flows and 
compressor pressure  ratios which me compatible and assures  realist ic 
turbine  designs a n d .  c q a r a b l e  engines. 
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The first par t  of this investigation i s  reported i n  reference 1, 
which presents the turbine design paformance ( i n  terms of the obtalnable 
compressor pressure ratio asd turbine weight flow) and the engine weight- 
flow capacity for nonafterburning and afterburning engines equipped with 
air-cooled single-stage turbines and operating with high cmpnent  aero- 
dynamic limits. The purpose of the present report i s  to present the 
analytical  techniques  required  to  obtain the turbbie  design performance, 
engine weight-flow capacity, and over-all engine design performance. I n  
the in te res t  of providing result8 suitable f o r  m y  specific &-cooled 
blade configuration, the analytical techniques are set LQ t o  employ B 
range of coolrLng air flow rather than the cooling air flow required for  
a single air-cooled.blade configuration. 'The analysis a l s o  permits the 
determination of a l l  stagnation temperatures and pressures xithin the 
engine and the   ra t io  of all component f ronta l  meas- 
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ASSUMPTIONS 
The following assumptions were made to facil i tate  the  analysis:  
(1) Inasmuch as the condition of simplified radial equilibrium was 
imposed upon the turbhes of reference 4 and w a s  suggested i n  refer- 
ence 5 as a means of obt-ng the f lrst  approximation to  the  conditions 
i n  a compressor, this condition was imposed upon the analysis of the 
turbine and t he   i n l e t  t o  the compressor. 
04 w 
% (2) The turbine was analyzed on the  basis of free-vortex  blading 
(ref.  4 ) .  
(3) Solid-body-rotation guide vanes w e r e  employed in   the   malys is  
of the compressor inlet. 
3 
41 
(4) The density at the meen radial   posit ion was employed for  com- 
puting the weight flow through the turblne (ref. 4) and the compressor 
inlet. I;' 
N u 
(5) The stagnation temperature was considered invariant with the 
radial position at the entrances to   the  turbine (ref. 4) and the 
compressor. 0 
(6) The hub, mean,  ana t i p  radii at the turbine exit were considered 
L 
equal to the respective values a t  the entrance t o  the turbine (ref. 4). 
(7) A constant value of 4/3 f o r  the r a t io  of specific heats w a s  
employed i n  the analysis of the ccrmbustor and turbine (ref. 4) . 
(8) The analysis w a s  made on the  basis of adiabatic f l o w  through 
the turbine. 
(9) The work done by the  turbine upon the cooling air between the 
compressor entrance and the t i p s  of the turbine blades was considered 
equivalent t o  the  work required t o  compress the cooling air to the 
compressor-discharge stagnation  teqerature.  
(10) The mechanical f r i c t ion  and the  work required by accessories 
w e r e  considered t o  be negligible i n  the analysis of the turbine. 
(ll) The pressure head associated d t h  the  tangential component of 
the  turbine  absolute efflux velocity w a s  considered t o  be dissipated by 
the s t ru t s  dich secure the t a i l  cone, and the loss was charged t o   t h e  
adiabatic  efficiency . 
( 1 2 )  Upon the basis of some unpublished data  obtained  by  the NACA 
and the r e s u l t s  presented i n  reference 6, the  efflux of the cool ing air 
from the tips of the turbine  blades was considered not t o   a f f ec t  the 
turbine specific work or adiabatic efficiency. 
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(13) The pressure ratio of the combustor m a  varied with the inlet 
Mach number and tPre temperature r a t i o  according t o  the experimental 
loss chasacteristlcs of the typical low-loss turbojet conbustor studied 
in reference 7. 
d 
(14) The combustfon gases and the cooling a i r  were considered t o  
enter  the zone i n  w h i c h  mixing occurred downstream of the  turbine  at  the 
sane static pressure.  
(15) The f l o w  area  in  the mixing zone for the turbine exhaust gases 
and the cooling a i r  was  considered constant 
(16) As in reference 8, the afterburner was considered t o  have a 
constant-area conibustion section. 
(17). I n  the efterburner, the friction and flame-holder lossea were 
assumed t o  be given by a constant times the  inlet  dynamic head as  in 
reference 8. 
(18) I n  computing the thrust ,  coqlete expansion t o  the ambient 
pressure was assumed, because, 8s shown in reference 9, such an expansion 
resu l t s   in   the  maximum th rus t  a t   the  flight Mach nmbers of 2 and 
higher. 
I n  the figures presented herein, as well as  in  reference I, the 
following values of the constant6 were employed: 
G 3.0 
C 
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The symbols used Fn thia  report  are  defined in the appendix, aad 
8 the schematic diagrams of the nanafterburning and afterburning engines are presented i n  figure 1. rn 
The independent vaxiables chosen for this   analysis  are the  turbine 
design specifications: turbine-inlet tenqerature, tip speed, the hub- 
t i p  radius  r a t io  of the turbine, and arbitrary values of the coolant- 
flow rat io .  The arployment of the  la t ter  var iable  faci l i ta tes  special-  
iz ing the resul ts  to  any cooled-blade configuration. In order t o  re la te  
the engine design performance t o  the  turbine  design  specifications and 
the coolant-flaw ratio, it i s  necessary t o  FnTpose aerodynamic limits 
upon each of the engine components in   addi t ion t o  and commensurate wlth 
i t s  r'espective efficiency. .) 
The performance analysis i s  in i t ia ted  with the turbine component; 
this   caqonent  limits the output of the engine through the control it 
exercises over the weight flow of the engine and the  pressure  ratio of 
the compressor. Both the weight flow and the compressor pressure ratio 
determined are the max.lmum values obtainable from a single-stage, air- 
cooled turbine having the values of the aerodynamic limits assigned. 
The attainment of high caurpressor presswe  ra t io  and engine weight f low 
are emphasized in  th i s  analysis so that the highest engine performance 
i s  attained for the least value of coolant-flow ratio. 
Compressor pressure ratio- - The cosrpressor pressure ratio for  a 
given compressor-inlet temperature and adiabatic  efficiency depends upon 
the turbine specific work. In reference 4 (eq. ( E l ) ) ,  the turbine spe- 
c i f i c  work i s  q r e s s e d  in  the form of Euler's turbine  equation as 
%,5,t 'u,6,t 
- g . " t = U t  - u t  
The value of the exit w h i r l  can be  conveniently  specified  by  the  ratio 
of whirl  conponent of velocity t o  wheel speed Vu, G , i / U i  a t  the radial 
w position at which the product of Mrl-energy  l o s s  per pound and total. 
weight flow expresses the t o t a l  whirl loss. Qon integrating the whirl- 
energy loss over the blade. height, it can be shown that  the value of 
expression 
c Vu,6, t /Ut  u-ed i n  equation (1) i s  related t o  v~,g, i /ui  by the 
I_ 
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It can be shown tha t  Vu t/Ut, as required in equation (1) i s  given 
by the  functional  relation 
t t  
Equation (4) was obtained from equation (I) and the  energy equation i n  
terms of turbine-inlet and -exit  temgerature. Since 
figure 2 was employed to obtain a unique value of TA f o r  each set of 
values of TA, U t ,  and rh/rt. The turbine specific work was then 
obtained f ram 
a3 
M 
s 
c 
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The work and weight-flow balances on the compressor and turbine 
lead t o  
The right side of equation (7) can be expressed as a function of the 
comgressor pressure  ratio and the turbine-inlet  temperature  by means of 
the charts ad methods of reference 10. The left side of equation (7) 
i s  plotted against the conrpressor pressure  ratio with the  turbine-inlet  
t ve ra tu re  as a parameter i n  figure 3. Bypmducts of these calcula- 
tions are the compressor-outlet temperature and the combustor fuel-aLr 
rat io ,  which are presented i n  figures 4 and 5, respectively. Since the 
turbine specific work i s  given by equation (6), the  compressor pressure 
rat io ,  the compressor-outlet tangerature, and the fue l -a i r  r a t i o  can be 
obtained from figures 3 t o  5 f o r  an aesigned value of the coolant-flow 
rat io .  
Compressor spec-iflc weight flow. - The compressor specific weight 
flow i s  computed from the f o ~ o w b g  form of the continuity equation: 
The solution of equation (8) depends upon the following equations devel- 
oped from the condition of simplified radial equilibrium (assumption (l)), 
the condition of solid-body rotation (assumption (3)), ad the condition 
of constant-energy flow: 
Other equations required f o r  the solution of equation (8) we the 
follaring: 
8 NACA RM E54321 
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i n  which 
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The preceding equations were obtained from the  application of the 
Pythagorean theorem to the hub velocity-vector diagram and the law of 
cosines to   the  tip velocity-vector diagram, the definition of the  inlet  
relative Mach number at the hub, the condition of SoUd-body rotation, 
and the expression f o r  the spanwise absolute  inlet  velocity  distribution. 
In  the solution of the eque%ions f o r  the compressor specific weight flow, 
values axe asaigned f o r  the  rotor-inlet   t ip  relative Mach nmiber, the 
in l e t  axial cri t ical   veloci ty   ra t io ,  and the compressor hub-tip radius 
ra t io .  
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Degree of reaction. - A static-pressure rise through 8 turbine 
rotor (negative reaction) at any sp-se position i s  likely t o  cause 
f low separation. Ln the case of a free-vortex turbine design, the re- 
action decreases from t i p  t o  hub. In reference 4, it i s  pointed out 
that f o r  a real  turbine,  that  is, for  one having losses, a condition 
which i s  s l ight ly  more conservative than a limit of zero reaction i s  the 
condition in w h i c h  the magnitude of the r e l a t i v e  velocity at the hub i s  
at least  as large at  the exit as  at the entrance. The following equa- 
tion, which contains the conditions of a limited inle t   re la t ive  hub Mach 
crl u number and zero change in the -tude of the relative  velocity  across 
% the  hub of the rotor,  permits the determination of the lowest  value of 
UdaE for a given set of turbine design speciflcations f o r  which the 
reaction at the hub i s  positive: 
Eu 
I 
u N 
Equation (16) was eqloyed t o  plot   the dashed line in   f igure  2. 
Turbine-limited specific weight flow. - The turbine weight flow per 
unit turbine  frontal  area is determined at the turbine exit from the 
continuity  equation in the form 
i n  which 
In order to solve equation (17), the assigned value of the  exi t  axial 
cr i t ical   veloci ty  r a t i o  is employed and a l l   t h e  component pressure 
ratios from the inlet dfffuser through the turbine must be Cietermined. 
The i n l e t  d i f fuse r .  pressure  ratio,  resulting from the isentropic rela- 
t ion and the  definit ion of the  ram recovery, is given by 
In equation ( 2 0 ) ,  the  f l ight  condition and the  ram recovery are  assigned. 8 
The coqressor  pressure  ratio fs determined from figure 3. 3 
In order t o  obtafn the combustor pressure r a t i o  for the case i n  
which the combustor reference velocity (combustor weight flow divided by 
the product of the largest  cross section and the combustor-inlet density) 
i s  limited, the momentum and continuity relations must be solved siml- 
taneously. The useful form of the momentum equation is  given by 
EmployLng wT/+ as given by 
useful form of the continuity 
(r 
equation ( 17) resu l t s  i n  the following 
equation: 
i n  which 
In  figure 6, equations (21) and (22) are plotted with the same ordinate 
and abscissa. The empirical  constants B and E in  equation (21) were 
obtained from the pressure-drop data on the typical low-loss COmbU8tOr 
studied in reference 7. Values of 3 .O and 0.25 were assigned t o  the 
combustor-inlet diffuser-area, r a t i o  G and the combustor-inner- to the 
turbine-tip-radius ratio, respectively. 
The combustor temperature r a t i o  T g T +  which i s  used as a param- 
eter i n  figure 6, i s  computed from the specified turbine-inlet %-era- 
ture and the coqressor-outlet temperature. Therefore, i n  order to 
evaluate the combustor pressure r a t i o  pL/p; from figure 6, ei ther 
VB2/T$ or S must also be known. If either VB2/Ti o r  S i s  known, 
a point is fixed on figure 6 and, therefore, both VB2/TS and S as 
well as the combustor, pressure r a t i o  are fixed. In  the event that the 
combustor velocity must be  llmfted and the combustor f rontal   mea must 
be at least as large as the turbine  frontal  =ea  to minimize pressure 
losses, the following procedure f o r  using figure 6 is suggested: (1) 
Evaluate S with the combustor and turbine frontal areas assumed equal 
(rg,t/rt = 1.0) . (2) From this value of S and  combustor temperature 
r a t i o  Ti/T;, determine V 2/T; and. pi/p; from figure 6 .  (3) Compute 
VB from this value of VB 8 /T3 and from the value of the compressor- 
outlet  temperature Ti. (4) If the conq?uted value of VB i s  equal t o  
o r  less  than  the  lFmiting values, use the corresponding value of p t /pr 
If the computed value of VB i s  greater than the limiting value, com- 
pute VB 2 /Ti f o r  the limiting value and use this VB2/Ti along with 
TgT;  t o  determine S and pi/p;. 
4 3  
The turbine  pressure  ratio i s  determined from the energy equation 
written across the turbine and corrected f o r  exi t  w h i r l .  The correction 
i s  required  because the adiabatic  efficiency i s  charged with the  pressure 
head associated with the tangential component of the efflux velocity 
(assumption (11) 1. The equation from which the turbine stagnation- 
pressure r a t i o  i s  obtained is 
L J 
Finally, the turbine-llmited specific weight flow i s  computed from the 
following equation: 
Coolant and combustion gas mixing- - after the pressure head asso- 
ciated with the  tangential component of the turbine  efflux  velocity is 
dissipated by the tk.1-cone s t r u t s  (amwtqtion (11) ), the combustion gas 
12 7 NACA RM E54D21 
and the coolant enter the constant-mea mixing zone (assumption (15)) . 
The cr i t ica l   ve locf ty   ra t io  of the combustion gee a8 it enters the mix- 
ing zone can be determined from the continuity  relation  in the form 
[. - 
Y7 -~l 
[l - ($7 a3 0 
K)  
N) 
a g a i n s t  v 7 g :  
and from f i  , i n  which the left side of equation (26) i s  plotted 
equation (17) i s  used in the solution of equation (26) . Because the 
pressure head due t o  w h i r l  is dissipated between stations 6 and 7 w i t h -  
out any energy change, T; - Tt and p; = pi,6. To evaluate  pit6, 
the following expression fo r  the turbine  pressure  ratio i s  use&: 
The uncorrected  turbine  specific weight flow from 
The specific heat ratio employed i n  the solution of equation (26) corre- 
sponds t o  fB and Tk. The mixture  tmperature is obtained  from the 
charts of reference 10 Ebnd from the heat  balance  across  the mixing zone 
i n  the form 
(1 - C ) ( l  + fB) h; + (3% 
h; = 1 + (1 - C)fg 
The values of enthalpy required in equation (28) can be determined from 
the c h a r t s  of reference 10, the state conditions, and fuel-afr  ratio.  
I n  order t o  determine the  pressure  ratio across the mixing zone, it 
i s  necessary t o  solve  the momentum balance -and the energy balance acr088 
the mixing zone simultaneously. State conditions of the  coolant before 
mixing axe unknown because they depend Lzpon the cooled-blade configura- 
tion; therefore, this solution involves some approximations. However, 
since calculations indicated that the mixing-zone pressure  ratio does 
not vaxy more than '6 percent from unity, no large  error is involved. 
After these approximations have been made, the momentum and energy 
relat ions for the mixing zone take the form 
NACA RM E54321 13 
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The sFmultaneous solution of the preceding equations results in an ex- 
pression  for the cr i t i ca l   ve loc i ty   ra t io  after mixing in the form 
i n  which 
The mixture fue l -a i r   ra t io  i s  needed for the preceding  calculation and 
i s  given  by 
f, (1 - C ) f B  (33) 
The mixing-zone pressure  ratio i s  then  obtained by solving equation (29). 
The value 09 the specific-heat  ratio of the mixture corresponds to 
fM TQ.. 
Afterburner. - The cmust ion   gas  must f i r s t  be diffused t o  an 
afterburner-inlet velocity which permits efficient combustion. The 
sure r a t i o  across the afterburner  diffuser is  given by 
r8 
ys-l 
pres- 
(34) 
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which i s  obtained from the  definit ion of the afterburner  dlffuser  effi- 
ciency. The afterburner pressure ratio depends upon the afterburner- 
ex i t  c r i t i ca l  ve loc i ty  ra t io .  On the  basis of a constmt-area combus- 
t ion  sectlon (assmaption (16)) and upon a flame-holder and f r ic t ion  drag 
loss given by a constant times the inlet dynamic head, the afterburner- 
exit c r i t i ca l   ve loc i ty   ra t io  can be obtained from the simultaneous 
solution of the con-tinuity and momentum relations  written  across the  
combustion zone. The solution for the exit  cri t ical  velocity ratio 
takes  the form 
i n  which 
I n  the solution of equation (361, the drag coefficient, the afterburner- 
inlet velocity, and the afterburner-outlet temperature &re assigned. 
The pressure  ratio  across the afterburner combustion zone i s  then ob- 
tained from the momentum equation i n  the form 
"9 r 
In the preceding equation, the value of the specific-heat ratio at the 
exit (stat ion 10) corresponds t o  the efterburner-exit temperature and 
the afterburner fuel-air ratio given by equation ( 2 0 )  of reference 10. 
Cooled-engine performance. - Since the comglete expansion of the 
Combustion gas i s  cal led  for  by assumption (El), the unit t h r u s t  fo r  
either the nondterburning or the afterburning engine i s  given by 
a) 
0 x 
For the nonafterburning engine, 
NACA RM E54021 
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f = fM 
whereas f o r  the s9terburning engine, 
The values of h i o  and 
ence corresponding to  
% is given by equation 
The thrust specific 
i n  which f i s  obtained 
15 
(39) 
f = fm (42) 
h,, can be obtained from the c h a r t s  of refer- 
u 
the pertinent state 
(28) 
f u e l  consLnpption is 
c o a t i o n s .  The value of 
given by 
(43) 
from either equation (40) or  (42), depending on 
whether F/& is  f o r  the nonafterburning o r  the afterburning engine: 
Relative component f rontal  axeas. - It i s  desirable t o  compaxe the 
frontal   areaa of the several conqonents with  the  frontal  area of the 
turbine where the engine weight f low i s  considered limited herein. The 
r a t i o  of the inlet diffuser frontal   area  to  the  turbine frontal area  for 
supersonic f x g h t  Mach numbers is given by the following identity: 
in which the  following  equations,  obtained from the weight-flow balance 
on compressor and turbine and the continuity relation, respectively, me 
required: 
. . .. 
and 
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In  the 
may be 
ly the 
and 
case of the compressor, the following two self-evident relations 
employed i n  conJunction with equation (8) t o  determine graphical- 
r a t i o  of the compressor t o  the turbine  frontal  areas: Q) 0 
M 
M 2 
(47) 
The previous two equations were employed t o   p l o t  figure 8, from which 
the   ra t io  of the compressor to   turbine  f rontal   area can be obtained f o r  
a given turbine tip speed and turbine-limited speciftc weight flow. In 
the case of the combustor and the Mterburner, the follawing respective 
equations derived from the continuity relation give  the  ratio of e i ther  
the combustor or afterburner frontal area t o  that of the turbine: 
The re la t ions have been presented from which the design-point  per- 
formance of both nonafterburning Eand afterburning  turbojet engines 
. 
T 
V 
N 
having air-cooled turbines may be determined. In the development, the 
engine design performance was related  to  the  turbine  design  mecifica- 
t ions of a single-stage turbine in order  that   the same turbine speclfi- 
cations may be employed t o  c a q u t e  the coolant requLrements of any 
cooled-blade configurat$on, In  order to relate the engine performance 
to the  turbine  design  variables,  the  specific w e i g h t  flow and specific 
work of the turbine were limited by assignfng values to certain turbine 
aeroaynamic Umits. In addition, i n  order that the analysis apply t o  a 
series of comparable engines, the performance of the sever& components 
w-as also fixed by assigning values to component aerodynamic m t s .  Ln 
the analysis, the coolant-flow ra t io  was arbitrarily assigned so tha t  
the results -ply to the use of any air-cooled blade configuration. For 
the aerodynmIcaJly limited turbines, the coolant flow reduces the 
obtainable compressor. pressure ratio, as w e l l  as causes losses in stag- 
nation  temperature & pressure, i n  mixing with the cambustion gas 
downstream of the turbine. A l l  these effects  are  account& f o r  in the 
analysis. 
Lewis  Flight Propulsion Laboratory 
Wztional Advisory Committee f o r  Aeronautics 
Cleveland, Ohio, April 21, 1954 
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A 
B 
C 
cD 
E 
F 
f 
f n  
G 
Q 
h 
la' 
J 
% 
K2 
M 
POD 
The following symbols are used i n  this report: 
frontal mea, sq f t  
critical velocity of sound, gRT', ft/sec L-
experimental constant i n  eq- (21) 
coolant-flow ra t io   ( ra t io  of coolant weight f w  t o  compressor 
weight flow) 
drag coefficient 
experbnzntd constant i n  eq. ( w )  
thrust, lb 
fuel-air r a t i o  
function 
r a t io  of maximum combustor-inlet flow area t o  campressor- 
outlet flow area 
acceleration due t o  gravity, ft/sec 
s t a t i c  enthalpy, Btu/lb 
stegnation enthalpy, gtu/lb 
mechanical equivalent of heat, ft-lb/Btu 
constant defined by eq. (14) 
2 
constat  defined by eq. (15) 
Mach numker 
NACA standard atmospheric pressure at sea level, 2116 lb/sq ft 
ambient free-stream pressure, lb/sq f t  
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R 
r 
sf ?F 
TO 
fc' 
U 
V 
v .  
vB 
vx 
W 
W 
'8 
Z 
10 
a 
stagnation pressm, lb/sq f t  
absolute  stagnation pressure based on axia l  velocity component, 
lb/sq f t  
gas  constant,  ft-lb/(lb) (%f 
radius, f t  
see f i  
pmameter defined by eq. (23) , ft  
thrust specific fuel consuuIption, (lb/hr)/lb 
NACA standszd atmospheric temgerature at sea level, 518.4 % 
stagnation tempemture, OR 
blade speed, f t /sec 
absolute velocity, ft/sec 
afterburner-inlet  velocity, f t/sec 
embustor reference  velocity, defined as velocity required 
fo r  combustor t o  pass i t s  weight flow through the largest  
flow area a t  inlet density, ft/sec 
tangential component of absolute velocity, ft/sec 
axial component of absolute velocity, ft/sec 
velocity d a t i v e   t o   r o t o r ,   f t / s e c  
wei@ flow, lb/sec 
parameter defined by eq. (32) 
parameter M i n e d  by eq. (36) 
angle between tangential  direction and absolute efflux 
velocity of turbine, deg 
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r w i t h a t  subscript 4/3, ra t io  of specific  heat; w i t h  subscript, 
&A specific  canpressor work, gtu/lb 
a function of local stagnation temperature and fuel-air ra t io  
b 
% specific turbine work, 
8 r a t i o  of stagnation  to 
adiabatic efficiency 
dlf f user ef ficiency 
rlD 
% nozzle efficiency 
'7R 
e r a t io  of stagnation t o  
ram recovery 
Subscripts : 
AB afterburner 
B combustor 
C compressor 
h 
I 
i 
5 
M 
m 
R 
T 
t 
hub or  inner radius (refers t o  turbine hub when used alone as 
subscript) 
inlet  diffuser  
integrated man 
Jet 
mixture 
mean radial  position 
relative (ekcept when used with q) 
turbine 
tip ( refers   to   turbine  t ip  when used alone as subscript) 
MACA RM E54D21 _. 
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dissipation 
(b) Afterburning engine. 
Figure 1. - Schematic diagram of two turbojet enginee. 
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Figure 2 .  -Variation of aerodymmioally l imlhd turblne tellperahrrc ratio 
with inlet critic81 blade-speed ratio and turbine hub-tip radius ratio. 
Inlet relative Wah  number a t  hub. 0.8; m x l t  azial cr i t ica l   ve lwity  
ratlo. 0 .7 ;  lntegratrd men exit whlrl parameter Vu,a,i/bi, -0.41; adia- 
batio efficienay. 0.83. 
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Figure 3. - Variation of epecific work of cooled  turbine  with  compressor 
pressure  ratio and turbine-inlet  temperature.  Compressor-inlet  tempera- 
ture, 708O R; mabatic efficiency, 0.83. 
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Figure 4. - V a r i a t i o n  of compressor-outlet temperature with pressure ratio. 
Corqpressor-inlet temperature, 708O R j  adiabatic efficiency, 0.83. 
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Figure 5. - Vmiation of fuel-air ratio  with compressor preesuxe ra t io  and 
turbine-rnet temperature.  Compressor-met teqerature, 708' R; adia- 
batic efficiency, 0.83. 
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Figure 8. - Comparative  frontal area6 of matching  compressor and turbine. 
Compressor-rotor-inlet  relative  Mach  number,1.1;  compressor-inlet axial 
critical  velocity  ratio  at hub, Vx, 2,dag, 0.7. 
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